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METHOD OF CALCULATION OF HEAT-TRANSFER COEFFICIENTS

FOR THE X-15 AIRPLANE

By William V. Feller

Langley Aeronautical Laboratory

One of the principal missions of the X-15 airplane is to investigate /

the high aerodynamic heating rates which are expected in hypersonic flight _.

However, in order to design the airplane to perform this mission safely

and effectively, the designer must have some idea of the magnitude of the

heating rates to which the airplane will be exposed.

One of the major unknowns in the design of the airplane is how muc_

of the boundary layer will be laminar. Available theoretical and experi-

mental studies indicate the possibility of extensive areas of laminar

flow at the conditions under which the airplane will fly. However, the

surface of the airplane probably will not be as fair and polished as those

on laboratory models_ so the prediction of the extent of laminar flow on

the basis of model tests cannot be relied on. Conservative design would

require that nearly all of the airplane be assumed to have a turbulent

boundary layer. If, in flight, the airplane is found to have long runs

of laminar boundary layer, it will be desirable to trip transition arti-

ficially in some flights in order to study turbulent heating rates.

The flow field around the complete airplane configuration is far

too complex to permit calculation of the heat transfer including inter-

ference or interaction between the parts of the airplane. Therefore, it

is necessary to consider isolated parts_of the airplane, and in some cases

approximate those by bodies of simpler shapes for which theoretical or

experimental studies are available.

Figure i shows a breakdown of tee airplane i_o the parts which will

be discussed in this paper. T_e wing (and tail _urfaces) can be divided

into two elements: the sweptZhylinder leading edge, and the rest of the j

wing, which is so slightly curved that it can be considered a flat plat@g.

In the combination, however, there is the additional consideration of how

the shock wave from the cylinder affects the heat transfer over the plate

portion. The dive brakes will be treated as flat plates at angle of attack.

The fuselage nose is actually a part of a sphere. The fuselage, omitting

the side tunnels and canopy, is a body of revolution. Calculations can

be made for this shape at zero angle of attack in laminar flow, and in

turbulent flow it can be approximated by considering the surface locally

a flat plate but using _ the varying local flow conditions. At small angles

of attack, the flow pattern over the body _can be considered similar to

that at zero angle and the same procedures can be applied, with modifica-

tions of the local flow conditions because of the angle of attack. At



high angles of attack, however, the flow around the fuselage will more
nearly resemble that on a swept cylinder.

Consider first the wing, which is thin (about 0.05 chord) and has
a semicircular-section leading edge with a 3/4-inch diameter. Except
for the regions influenced by the tip and by the fuselage (neglecting
for the momentthe effect of the bow shock from the fuselage nose) the
wing can be approximated by a flat plate with a swept-circular-cylinder
leading edge.

The X-15 project has stimulated work on swept cylinders, both theo-
retical and experimental (refs. i to 5), so that th_ heat transfer to
the cylindrical part of the leading edge can be calculated with confidence.
At somedistance back from the leading edge the heat transfer should be
nearly that for a flat plate which has also been extensively studied
(refs. 6 to 8). The question is how the two calculations should be joined.

Figure 2 shows somewind-tunnel test results which, while not for
the sameconfiguration as the X-15 wing, give someidea of the trend to
be expected. The model tested was a slab wing with a semicircular leading
edge swept 60°. Tests were madein the Langley ll-inch hypersonic tunnel
at zero angle of attack, M = 6.86, and a Reynolds numberof O.214 × 106
based on cylinder diameter and free-stream conditions. The ordinate in
figure 2 (on a logarithmic scale) is the dimensionless heat-transfer param-
eter NSt_D which is used to correlate laminar heat-transfer results
at different Reynolds numbers, and the abscissa is X/D, the distance
from the stagnation point (measured in the streamwise direction) divided
by the leading-edge diameter.

Over the cylinder the experimental values of the heat-transfer param-
eter _t_RD agree well with the theory of Goodwin, Creager, and Winkler
for swept cylinders (ref. i). This kind of agreement has been found at
several Machn_nbers and over a wide range of Reynolds numbers, so that
the theory can be considered well established.

For the flat-plate portion of the wing, two curves are shownfor
both laminar and turbulent flow, which were calculated from the laminar
and turbulent theories of Van Driest (refs. 6 and 7). The upper curve
in each case (dashed) is for a flat plate at the free-stream conditions,
neglecting the effect of the shock from the blunt leading edge. This can
be expected to be valid a long distance downstream, where the effect of
the strong shock due to the cylinder has been dissipated. The lower
curve for each type of boundary layer is calculated by using the total
pressure behind the bow shock and then expanding to free-stream pressure
to determine the conditions for the flat-plate calculation of heat transfer.
The validity of this procedure has been verified experimentally in refer-
ence 9 and elsewhere for distances of several nose diameters along the
flat plate.
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At 60 ° sweep as in these tests, the heat-transfer coefficients cal-

culated with and without the leading-edge shock are not very different.

This is due to a compensating effect - although the local Mach number

is lower over the surface affected by the leading-edge shock, the local

temperatures are higher and the net result is to bring the curves for

the heat-transfer coefficients nearly together. The experimental-data

points in figure 2 indicate that the heat-transfer coefficients fall from

the value on the cylinder fairly quickly, and in about two leading-edge

diameters are close to the values calculated for the flat plate. The

data then rise, indicating transition, and approach the turbulent curves.

These data give no indication of how far back on the plate the effect
¥

of the shock from the cylinder might be felt. There has been some study

of the effect of a blunt leading edge on the pressures over a plate

(ref. I0) which indicates that the pressure is still i0 percent higher

than free-stream pressure at a distance of 70 leading-edge diameters

downstream.

For a given wing profile, a more accurate approach would be to cal-

culate the local pressures over the profile and use these to determine

the local flow properties, which are then inserted into the flat-plate

theory to determine the local heat-transfer coefficients. There are

also more exact theories which can be applied for a given profile if

the local velocity outside the boundary layer can be approximated by

a power-law variation with distance from the stagnation point. For very

thin wings, however, the simpler flat-plate calculation can be expected

to give good engineering accuracy in the heat-transfer calculations.

Figure 3 shows a sample of the application of the simple cylinder

and flat-plate theories to the X-15 airplane wing at an angle of attack.

The conditions assumed are M = 6.0, an altitude of 102,000 feet, and

an angle of attack of 26° , for which the local Reynolds numbers near the

nose are small enough to assure laminar flow.

Values of the heat-transfer coefficient on the nose were calculated

from the laminar swept-cylinder theory for an effective sweep angle of

32.75 °, which includes the effect of angle of attack in reducing the

sweep angle. Two curves are shown for the lower surface behind the

cylinder. The dashed line is the heat-transfer coefficient calculated

by using the flow conditions behind the shock wave appropriate to a sharp-

edge plate at an angle of attack of 26 ° • The solid line was calculated

by using the total pressure at the stagnation point of the cylinder with

32.75 ° sweep and expanding isentropically to the pressure determined by

the plane shock for an angle of attack of 26 °, the same pressure as was

used for the sharp-edge-plate calculation. For design purposes, transi-

tion was arbitrarily assumed to occur 4 inches from the leading edge,
and for both laminar and turbulent flow in each of the calculations the

flat-plate leading edge was assumed to coincide with the actual wing

leading edge.



m16

i

Near the leading edge, the effect of bluntness should be predominant,

and the heat-transfer values should be close to the solid curve in the

laminar regions and some distance back in the turbulent regions. However,

farther back on the wing the flow affected by the small region of the

curved shock at the leading edge must eventually become submerged in the

boundary layer, after which the _eat-transfer coefficients will approach

the dashed line, their values being determined by the conditions behind

the plane shock.

The difference between the two calculations in the turbulent region

is appreciable. However, it is not yet clear how far back the effect of

bluntness can be expected to continue, particularly_ at an angle of attack.

On the upper surface, behind the nose, the heat-transfer coefficients

are computed with the assumption that the flow separates from the leading

edge of the flat plate. In the method used, which is based on results

from a limited number of wind-tunnel tests, the separated-flow heat-

transfer coefficients were assumed to be half those for a flat plate at

zero angle of attack. The whole problem of heat transfer in separated

flows has been studied very little and considerable work must be done

to establish the actual behavior, but for design purposes the significant

fact is that the heat-transfer coefficients are very low compared with

those on the lower surface. The rough estimate based on 1/2 the value

for a flat plate at zero angle of attack is a conservative one. If the

flow should remain attached, the heat-transfer coefficients would be

lower still.

The effect of the fuselage bow shock on the wing will require study

with the complete model. The actual line of intersection of the shock

and the wing will move around as the shock-wave angle changes with the

changing Mach number and angle of attack in a flight, and thus local
effects at the shock-surface intersections will be spread out. The con-

ditions used in calculating the heat transfer on the rest of the wing

behind the shock must include the effect of the fuselage shock.

Another area of high heat transfer is on the dive brakes when they

are extended. The specific X-15 configuration has not been tested, but

an insight into the method of calculating the heat transfer to the dive

brakes can be obtained from the results shown in figure 4, which were

obtained on a flare at the rear of a body of revolution at M = 6.86.

This figure has been taken from reference ii. The heat-transfer data

on the forward part of the body follow the laminar curve, but the coef-

ficients rise on the cylinder and indicate that just ahead of the flare

the boundary layer is turbulent. In this case the shock was attached at

the cylinder-flare juncture. Because the static-pressure rise across

the shock is large, the body boundary layer has only a small effect on

the flare boundary layer. Therefore, except very near the juncture, the

heat transfer can be calculated as though the boundary layer starts at
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zero thickness at the juncture. The theoretical curve shown in figure 4

was calculated by using the turbulent flat-plate theory of Van Driest

(ref. 7) and the local flow conditions behind the shock wave. It can

be seen in this figure that the experimental measurements are in good

agreement with values calculated for a flat plate at the conditions

behind the shock. A similar approach would appear to be reasonable on

the dive brakes of the X-15.

The nose of the fuselage consists of a 6-inch-diameter sphere mounted

in a socket which permits rotation. The sphere is instrumented to measure

angles of attack and yaw, as described in a subsequent paper by I. Taback

and G. M. Truszynski. In flight, the Reynolds number on the sphere will

be low enough to permit the assumption of laminar boundary layer.

Figure 5 shows the distribution of the dimensionless heat-transfer

parameter NStl/_ around the sphere and on the lower side of the mounting

structure at M = 6.86. On the sphere, experimental values agree well

with the laminar theory of Stine and Wanlass for bodies of revolution.

(See ref. 12.) On the stagnation point of the lower lid, however, the

heat-transfer rates are very large. Schlieren photographs of this con-

figuration show a shock in the flow just ahead of this point. The prob-

lem is being studied further to determine how to reshape the support cone

to reduce the heating rates to tolerable values. The heat-transfer values

on the upper side of the support cone are very low - too small to show at

this scale.

The fuselage of the X-15 is basically a body of revolution with side

fairings attached. This is an awkward shape for theoretical calculations.

For zero angle of attack, it may be possible to neglect the distortion of

the cross section and treat the body, or at least the part of it outside

the fairings, as a body of revolution, for which theory and experimental
verification are available.

Figure 6 shows preliminary results for a body of revolution similar

to the X-15 nose at conditions giving laminar flow. The body was a Karman

nose with a fineness ratio of 5, modified by the addition of a tangent iO °

half-angle cone in front and followed by a short section of cylinder.

This shape is not the X-15 nose shape, but the distribution of heat transfer

should be similar.

The circles are NSt_RD plotted on a logarithmic scale from tests

at M = 6.86 with laminar boundary layer. On the conical tip, the data

agree well with the cone theory obtained by applying the Mangler trans-

formation for cones to the flat-plate theory. The experimental data fall

off from the cone values as the body shape varies from conical and reach

good agreement with the laminar flat-plate theory on the cylinder. The

laminar theory of Stine and Wanlass (ref. 12) for this body of revolution
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at M = 6.86 is shownmerging into the curve for the cone at the for-
ward end and meeting the flat-plate calculation at the cylinder, and it
is in good agreementwith the data over the entire nose.

The squares are values obtained on the samebody at M = 3.69 in
the Langley Unitary Plan wind tunnel at a higher Reynolds number. The
values are very close to those for M = 6.86, as is the Stine and Wanlass
theory for M = 3.69, indicating that for laminar boundary layers the Mach
numbereffect over this range is small.

Another series of tests was madeon the samemodel at M = 3.69
with roughness applied in a ring near the nose to _ive a turbulent bound-
ary layer. The preliminary experimental results are shown in figure 7
by circles. Also shownis the turbulent theory for the cone at the nose,
calculated by the method of reference 13, and for the flat plate with the
use of local flow conditions on the cylinder. The data show roughly the
samepattern as was shownfor laminar flow, a trend from values near
those of the cone at the forward end downto the flat-plate values on the
cylinder. There is as yet no turbulent analog of the Stine and Wanlass
theory, but experimental data like these can be used to fit an empirical
curve for the transition between the cone and flat-plate calculations.

At angles of attack, the prediction of heat transfer to bodies becomes
muchmore uncertain. There is no generally applicable theory such as the
Stine and Wanlass theory for zero angle of attack in laminar flow. At
small angles of attack, the streamlines around the body should be nearly
longitudinal, and an approximation can be madeby using cone or flat-
plate theory with varying local conditions along the length. At large
angles of attack, the body can be approximated by a swept cylinder with
varying diameter.

These two kinds of approximation are shownin figure 8 for a turbu-
lent boundary layer. The variation of the nondimensional heat-transfer
parameter NSt with angle of attack is shownfor the lower or windward
stagnation line at two stations along the length of the samemodified
Karmannose discussed earlier at _ = O. The curves labeled "longitudinal
flow theory" were calculated by using the flat-plate heat-transfer rela-
tions for turbulent flow with the local conditions at the two stations.

Local conditions were calculated for each angle of attack by finding
the pressure on a cone at zero angle of attack tangent to the lower stag-
nation line at the nose, and then expanding two-dimensionally along the
body to the local body inclination.

The curves labeled "crossflow theory" were computedby assuming that
at each station the shock was that appropriate for the tangent cone of
the local inclination angle, and then calculating the stagnation-line
turbulent heat transfer from the swept-cylinder theory of reference 5,
using conditions behind the cone shock.
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The experimental points are from tests in the Langley Unitary Plan

wind tunnel, with roughness applied in a strip along the lower stagnation

line and in a ring at the nose. It can be seen that the data agree fairly

well with the crossflow theory at the higher angles and with the

longitudinal-flow theory at zero angle of attack, but the experimental

points suggest a more rapid increase with angle of attack than is pre-

dicted by the longitudinal-flow calculation at small angles and a change
in the trend between 14 ° and 21 ° . There is need for further work to

develop an approach that will be more nearly adequate for moderate angles
than either of those described here.

The use of crossflow theory at high angles o_ attack is further cor-

roborated in figure 9, which shows in polar coordinates the distribution

of heat-transfer coefficients around the body at the X/D = 5.1 station,

where the body is cylindrical. Data are presented for angles of attack

of 0% 7° , 14 ° , 21° , and 25 ° . The theoretical curve for _ = 25 ° was

obtained by using the theoretical correlation parameter presented in

reference 5 with some unpublished experimental results by the same authors

for the distribution of local heat-transfer rates around a swept cylinder

with turbulent flow from the stagnation line. At 25 ° the agreement of

theory and experimental values is good.

The data for a = 14 ° and a = 21° fall very nearly on the same

curve. This result indicates the need, mentioned before_ for further

study in this range.

The wind-tunnel results presented in this paper have been compared

with available theories to give some indication of how well the theories

can be expected to predict the heat transfer to the full-scale airplane.

In general, for isolated parts of the airplane which can be approximated

by simple shapes, the heat transfer can be satisfactorily predicted by

available theories. For regions where there is interference between the

flows on adjacent parts - for example, the wing-fuselage juncture, cock-

pit canopy, and side fairings - more detailed studies are required on

the specific configuration, and for this purpose a complete scale model

is being prepared by North American Aviation for wind-tunnel tests in

the Langley Unitary Plan wind tunnel.
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BREAKDOWN OF AIRPLANE FOR HEAT- TRANSFER CALCULATIONS

M = 6.86
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